I. Introduction
RANSONIC buffet is unsteady phenomenon caused by the interaction between shockwaves and boundary layer. Better understanding of the buffet is important since the buffet generally limit aircrafts flight envelope. In recent years, several researches in this field clarified that the transonic buffet on swept wings is considerably different from that on unswept wings [1] [2] [3] . On unswept wings, the shockwave mainly oscillates in the wing chord direction. Its power spectrum has a strong peak. The Strouhal number of the peak frequency is O(10 0 ) 2, 4 . On the other hand, the pressure propagation in the span direction appears on swept wings in addition to the chordwise oscillation of the shockwave. Instead of the strong peak, the spectrum of swept wings has a bump. The Strouhal number of the bump is much lower than that of unswept wings and its order is O(10 -1 ) 2 . Detail was reported in Ref. 2 . It also mentioned that the origin of the waves propagating in the span direction has not been clarified yet.
We also investigated the difference of the buffet on unswept and swept wings in the comparison between the 80% scaled NASA common research model (80% scaled NASA CRM) 5, 6 and unswept airfoil model (2D-CRM) 7 . These researches also revealed that the large difference of the peak frequencies [8] [9] [10] . Furthermore, we clarify the difference of the effect of the vortex generators (VGs) on the unswept and the swept wing. The effect of the VGs on the swept wing was much larger than that on the unswept wing 11, 12 . We believe that the difference of the VGs effect is related to the difference of the shockwave oscillation. The better understanding of the buffet on the swept wing promotes the development of the buffet suppression devices.
It is important to develop numerical methods to simulate the unsteady flow phenomena and time resolved optical measurement techniques for the better understanding of the unsteady phenomena such as buffet. These techniques are being developed by many organizations and researchers in order to analyze the unsteady issues in aerospace engineering 3, 9, 10, [13] [14] [15] [16] . Unsteady experimental data are essentially important to validate these methods. However, almost experimental data obtained in wind tunnel testing are averaged values. Unsteady experimental data, fluctuation and spectrum values, are insufficient for the validation of these techniques. The unsteady data are tremendously limited especially for modern aircraft models in a transonic regime 17 .
To improve the situation, unsteady pressure on the main wing of 80% scaled NASA CRM was measured in JAXA 2m×2m transonic wind tunnel. Mach number of the uniform flow was 0.85. Reynolds numbers based on the reference chord length were 1.515×10 6 (P 0 =80kPa) and 0.947×10 6 (P 0 =50kPa). The unsteady pressure data was successfully obtained in the transonic buffet conditions. In addition to the pressure data, we measured the aerodynamic force and the deformation of the wings to offer the data set for the validation of the numerical simulations. The data set reported in this paper was offered to the participants of Second Aerodynamic Prediction Challenge (APC-II) in Japan 18 . In this paper, we mainly report the result of unsteady pressure measurement. Aerodynamic coefficients are also reported in the result section. The result of the wing deformation measurement is briefly described in wind tunnel testing section to offer the information of the wing shapes. In the wind tunnel experiment, it is difficult to remove the background noise perfectly. The data we measured showed the existence of the background noise caused by the fan blade and the porus walls of the wind tunnel. The information of the background noise is summarized in the description of the wind tunnel. The experiments were conducted several times on the same conditions. The significant difference was observed in the result of the final test which was performed after replacement of the trip dots although the specification of the trip dots was not changed from other tests. Hence, we reported the difference of those in the result section although it becomes slightly complicated. In the result section, we mainly describe and discuss the results in common for all tests. In the discussion, we briefly compare the Strouhal number of the bump and the propagation speed of the pressure fluctuation with those in the Ref. 2.
II. Wind Tunnel Testing

A. Wind tunnel model
The wind tunnel model was 80% scaled NASA CRM 6 . The design Mach number and lift coefficient of the model are 0.85 and 0.5, respectively 5 . Figure 1 shows the 80% scaled NASA CRM in the test section. The quantities of the model are given in Table 1 . The model was supported by a blade sting on the upper side. The model configuration was wing, body, and tail. The stabilizer angle was 0 degrees (WBT0).
The right wing which had 24 unsteady pressure sensors was newly fabricated to measure the unsteady pressure distributions. Figure 2 shows the location of unsteady pressure sensors, pressure ports for steady measurement and markers for the wing deformation measurement in the plane figure of the right wing. The location of the sensors and ports are summarized in Table 2 . The lines of unsteady pressure sensors are located at  = 0.5 and 0.6. Here  is the span location normalized by the half span (b/2). Each line has 12 pressure sensors on the suction side. The steady pressure distributions were measured using two lines of pressure ports. These lines are parallel to each line of the unsteady pressure sensor and closer to the wing tip. The distance between the lines of ports and the unsteady pressure sensors was 1.5 mm.
The trip dots were glued on the line of x/c = 0.1 of the main wing to simulate a turbulent boundary layer. The specification of the trip dot for the experimental conditions was shown in Table 3 . The height of trip dots was determined by Ref. 19 . The location of the trip dots in chord direction was fixed by the positioning tool. The location in the span direction could change after the replacement.
The wing deformation at several angles of attack  is shown in Fig. 3 . Upper and lower figures show the twist and the bending of the wing, respectively. The deformation was measured with a pair of cameras and markers on the wing. The stereo pattern matching technique was used to calculate the displacement of the markers. Both twist and bending of Re = 1.515×10 6 are larger than those of Re =0.947×10 6 . 6 , we mainly investigated the model at Reynolds number of 2.27×10 6 . However, the Reynolds numbers, 1.515×10 6 and 0.947×10 6 , were selected in this series because of the limitation of the facility. In order to check the influence of the background noise, the angle of stator and the rotation speed of the fan blade were changed in Run No. 4913 on the same Mach and Reynolds number conditions. Other tests were conducted for the check of the repeatability, the model deformation measurement and the boundary layer transition test.
C. Measurements
As mentioned before, 24 unsteady pressure sensors (XCQ062-25A, M-Screen, Kulite INC.) were used to measure the unsteady pressure distributions. The signals were amplified with DC amplifiers (AM30AZ, Unipulse). The high frequency domain of the signals was eliminated using low-pass filters (P-86, NF). Cut off frequency was 20 kHz. The unsteady pressure signals were recorded using the data logger (WE7000, Yokogawa) with the sampling rate of 50 kHz. The number of sampling data was 500,000 for each case. Power spectrum density (PSD) was calculated using FFT with the Hannning window function. The one block of the FFT was 8,192 points. The resolution of the frequency was 6.1 Hz.
Aerodynamic force and steady pressure were measured using the system of JAXA 2m×2m transonic wind tunnel. The detail of the system was reported in Ref. 6 . The measurement values of the aerodynamic forces and the uniform flow conditions were corrected by the system 6, [20] [21] [22] . The series of the correction included the correction of the wall interference. 
D. Wind tunnel and its background noise
Experiments were conducted in JAXA 2m×2m transonic wind tunnel (JTWT1). The JTWT1 is a continuous pressurized wind tunnel. A bird-eye view of the wind tunnel is shown in Fig. 4 . The size of the cart was 2 m in height, 2 m in width, and 4.13 m length.
The cart with porous walls was used in this experiment. Figure 5 shows the arrangement of pores of the walls. The angle of the pore center was 30 degrees. The distance between the pore centers in the uniform flow direction are 41.569mm.
The main blower is two-stage blower. One stage of the blower has 32 moving blades. The stator of the rotor has 28 blades. Figure 6 shows the relation between the rotation frequency of the fan, rpm and the angle of attack of the model. When the angle of the stator was 25 degrees, the rotation frequency was from 530 to 545 rpm at M=0.85 and Re=1.515×10 6 . When the angle of the stator decreased to 15 degrees, the rotation frequency increased to about 600 rpm. Fig. 7 roughly shows the background noise. There are two series of peaks in Fig. 7 . The peak frequency of the lower series changed from 280 Hz to 311 Hz when the rotation frequency of the fan blade was changed. Thus, the lower series of the background noise was caused by the fan blade. The characteristic frequency of the fan blade noise can be estimated as the multiplication of the rotor frequency and number of blades. When the angle of attack was -0.88 degrees, the rotation frequencies were 530 rpm (8.8Hz) at the stator angle of 25 degrees and 595 rpm (9.9Hz) at the angle of 15 degrees. Since the number of the moving blades was 32, the characteristic frequency of the wave from the fan blades can be estimated as 282 Hz and 317Hz. These values almost same as the peak frequencies of the lower series in Fig. 7 .
The peak frequency of the higher series was about 7.5 kHz in Fig. 7 . Uniform flow speed is about 300 m/s. The distance of the pores in the uniform flow direction is about 40 mm. The characteristic frequency of the waves caused by the pores can be estimated as 7.5 kHz from the center distance and the uniform flow speed. It agrees with the peak frequency of the higher series in Fig. 7 . Furthermore, the peak frequency of 7.5 kHz was not changed by the operation condition of the main blower. Hence the background noise of higher series in Fig. 7 was caused by the porus walls. Table 4 and As shown in Fig. 8 (a) , the gradient of the lift curves decreased at  ≈ 3 degrees in both Reynolds numbers. The gradient of the pitching moment curves also changed at  ≈ 3 degrees. The pitching moment coefficient increased from  ≈ 3 degrees. It indicates that the flow separated around the trailing edge of the main wing.
In Fig. 8 , the deviation of the aerodynamic coefficients in each test is large when the is higher than 3 degrees. Fig. 9 although the difference between the lines and closed symbols is observed because of the low spatial resolution of the pressure ports.
The high pressure gradient caused by the shockwave was observed when the  was positive in Fig. 9 . The shock wave located at x/c ≈ 0.4 in both Reynolds number cases when the was about 3degrees. The shockwave moved upstream when the increased from 3 degrees. The shockwave location of Re = 0.947×10 6 was much more upstream than that of Re = 1.515×10 6 when the  was higher than 4.5 degrees. Hence the unsteady pressure sensors could not capture the shockwave oscillation of Re = 0.947×10 6 when the  was higher than 4.5 degrees. Thus the result of Re = 1.515×10 6 are mainly discussed in this paper.
In Fig. 9 , the C p around the trailing edge decreased when the  was higher than 3 degrees. It indicates that the separation appeared around the trailing edge when the  was higher than 3 degrees. Figure 10 shows the profiles of the C p at x/c = 0.95 on the lines of  = 0.50 and 0.60. In both Reynolds number cases, the C p95% decreased when the  was higher than 3 degrees. Fig. 11 . The peak location of the C prms in Fig. 11 is almost same as the location of the high pressure gradient in Fig. 10 . Hence it is confirmed that the pressure fluctuation was mainly caused by the shockwave oscillation. In both Reynolds number cases, the peak of C prms increased as the increcased. The peak location in the Re = 1.515×10 6 cases didn't move upstream when the  was higher than 4.5 degrees, although the location of Re = 0.947×10 6 moved upstream. As mentioned before, the unsteady pressure sensors could not capture the shockwave of Re = 0.947×10 6 when the  was higher than 4.5 degrees. Thus the peak of C prms of Re = 0.947×10 6 could not be captured when the  was higher than 4.5 degrees.
Overview of the C prms is easily understood from the contours of the C prms in Fig. 12 and Fig. 13 . In those figures, the vertical and the horizontal axes show the and the chord location, x/c, respectively. The color shows the values of the C prms . The contours of Re = 1.515×10 6 in the several tests are given in Fig. 12 since the difference between each test was observed in the figures of the aerodynamic coefficients.
Although the shape of the contours are slightly different each other in Fig. 12 , the region of the can be classified into three regions in common.
(1)The region with small pressure fluctuation (< 3 degrees  The region where the amplitude of shockwave oscillation in the chord direction is small (3 degrees << 5.5 degrees).
The region where the amplitude of shockwave oscillation in the chord direction is large (> 5.5 degrees). As shown in Fig. 12 , the band of the high C prms was narrow when the was less than about 5.5 degrees. The band in Fig. 12 dramatically increased at  ≈ 5.5 deg. The C prms was high at all measurement points when the was 6 degrees. Similar classification can be applied to the result of Re = 0.947×10 6 although the of the region three is slightly lower than that of Re = 1.515×10 6 and it is about 5 degrees. As shown in Fig. 14 and Fig. 16 , the several bands which extended in the chord direction were observed when the  was less than 3 degrees. These bands indicate the background noise originated from the fan blades as mentioned before. When the was higher than 3 degrees, the band extended in the frequency direction appeared in Fig. 14 and Fig. 16 . This band shows the pressure fluctuation caused by the shockwave oscillation. When the  was higher than 3 degrees and less than 5.5 degrees, the high PSD region was observed around the frequency of 700 Hz. The high PSD region clearly observed as the bump in Fig. 15 and Fig. 17 . The Strouhal number of the bump peak was about 0.3 which is same order of the Strouhal number in Ref. 2 and much higher than that of the unswept wing. Figure 18 shows the PSD profiles of all test of Re = 1.515×10 6 when the was 4.41 degrees. The bump could be observed from the PSD in all tests. The fluctuation of the low frequency domain increased in Fig. 14 and Fig. 16 when the was higher than 5.5 degrees. As the result, the bump in the line graph disappeared in Fig. 15 and Fig. 17 at  = 5.90 degrees.
From Figs. 19 to 22, the same trend of the PSD was observed in the case of Re = 0.947×10 6 . The peak frequency of the bump was slightly lower than that in the cases of Re = 1.515×10 6 . From these results, we classify the region of the  as follows. E. Cross-correlation, coherence and phase analysis Here, the correlation between the measurement points is described to clarify the time-space structure of the shockwave oscillation on the wing. The cross-correlation coefficient of the C p fluctuations was defined as next equation.
In the Eq. (1) Figure 23 shows the cross-correlation of the C p fluctuations. Figures 23 (a) and (b) show the contours of the cross-correlation at  = 4.84 degrees and  = 5.90 degrees. As mentioned before, these angles were classified into the region (2) and (3), respectively. In Fig. 23 In Fig. 24 (a) , the bump can be observed in the coherence around f = 700 Hz. Except for the bump, the coherence is almost zero in Fig. 24 (a) . It clearly show that the pressure fluctuation of f ≈ 700 Hz propagated from  = 0.50 to 0.60. In the phase graphs of Fig. 24 (a) , the linear lines can be observed from f ≈ 300 Hz to 1300 Hz. It shows that the fluctuation from f ≈ 300 Hz to 1300 Hz propagated at almost same speed. The phase is almost around the peak frequency of the coherence bump in Fig. 24 (a) . The propagation speed U c (= 2fy/: phase) of the peak can be estimated about 100 m/s. In Fig. 24 (b) , the coherence of the points which is close to the reference is higher than that in Fig. 24(a) and the phase is almost zero in the region where the coherence is high. Based on these result, the conceptual figure of oscillating shockwave is illustrated in Fig. 26 . The straight lines in In Fig. 25(a) , the coherence of the low frequency increased from  = 4.84 degrees. However, the bump can be observed in the coherence graphs. The peak frequency of the bump is about 500 Hz. The wave with the fluctuation of 500 Hz propagated from wing root side to wing tip side at  = 5.90 degrees, although the wave includes the waves of the lower frequency. The linear line of the phase is much clearer than that in Fig. 24(a) . The propagation speed U c is estimated at about 80 m/s from the phase and the frequency. In Fig. 25(b) , the bump of the coherence is not clearer than that in Fig. 25(a) . The coherence has broad band profile in the low frequency domain. The phase of the point which is close to the reference is almost zero in the region where the coherence is high in Fig. 25(b) .
(a)  =4.84 deg.
(b)  =5.90 deg. 
IV. Conclusion
Experimental investigation of transonic buffet was conducted in JAXA 2m×2m transonic wind tunnel to obtain the validation data for unsteady computational fluid dynamics and to clarify the buffet phenomena on the main wing of an 80% scaled NASA common research model. Unsteady pressure distributions on the wing were successfully measured in the transonic buffet conditions. Mach number of the uniform flow was 0.85. Reynolds numbers based on the reference chord length were 1.515×10 6 and 0.947×10 6 . Important results are summarized as follows.
1. The shockwave oscillation on the main wing of the 80% scaled NASA CRM can be classified into three regions.
(1)A small oscillation region without separation (< 3 degrees An oscillation region with bump in the power spectrum (3 degrees << 5.5 degrees).
A large oscillation region with broadband power spectrum in the low frequency domain (> 5.5 degrees).
2. The bump of the power spectrum appears around 700 Hz in the region (2) . The Strouhal number of the frequency is 0.3. The frequency is much higher than that of the buffet frequency of two-dimensional unswept wings.
3. The pressure fluctuation propagates in the spanwise direction from wing root side to wing tip side in the region (2) and (3). The propagation speed in the spanwise direction is about 100 m/s in the region (2) . The speed slightly decreases in the region (3).
